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Outer planet exploration missions require significant propulsive capability, particularly to achieve orbit
insertion. Missions to explore the moons of outer planets place even more demanding requirements on
propulsion systems, since they involve multiple large AV maneuvers. Hybrid rockets present a favorable
alternative to conventional propulsion systems for many of these missions. They typically enjoy higher
specific impulse than solids, can be throttled, stopped/restarted, and have more flexibility in their
packaging configuration. Hybrids are more compact and easier to throttle than liquids and have similar
performance levels. In order to investigate the suitability of these propulsion systems for exploration
missions, this paper presents novel hybrid motor designs for two interplanetary missions. Hybrid pro-
pulsion systems for missions to Europa and Uranus are presented and compared to conventional in-space
propulsion systems. The hybrid motor design for each of these missions is optimized across a range of
parameters, including propellant selection, O/F ratio, nozzle area ratio, and chamber pressure. Details of
the design process are described in order to provide guidance for researchers wishing to evaluate hybrid
rocket motor designs for other missions and applications.
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1. Introduction

Hybrid rocket motors are a form of chemical propulsion system
where the fuel and oxidizer are stored in different phases. The
typical hybrid motor configuration uses a solid fuel grain and a
liquid or gaseous oxidizer. The fuel is contained within the com-
bustion chamber in the form of a cylinder, with one or more
channels called ports hollowed out along its axis. The oxidizer is
delivered to the combustion chamber through a single fluid feed
system. A main run valve is used to control this delivery. An igniter
is used to vaporize some of the fuel and initiate combustion.
Combustion takes place within a turbulent boundary layer
through diffusive mixing between oxidizer flowing through the
port and fuel melting/pyrolizing and evaporating from the solid
surface. Once a diffusion flame is established over the fuel surface
the process is self-sustaining. The regression rate of the fuel, and
hence the rate of burning, is dependent upon the mass flux within
the combustion chamber. However, the regression rate is in-
dependent of the chamber pressure over most of the oxidizer flux
range, allowing the chamber pressure to be a free variable in the
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chamber design. Throttling can be achieved simply by limiting the
rate of oxidizer delivery to the combustion chamber.

Hybrid rocket motors are throttle-able, able to be stopped and
restarted and use energetic propellant combinations to deliver
relatively high specific impulse, greater than solid rocket motors
and monopropellant thrusters, comparable to bi-propellant liquid
engines. Hybrid motors are mechanically simpler than liquid en-
gines as they only require one liquid feed system and are also
typically more compact than liquid systems, due to the higher
density of their propellants. Hybrid motors benefit from flexibility
in their packaging configuration. Hybrid motors are much safer
than both solid and liquid systems as the fuel and oxidizer are
separated physically by phase, making it difficult to achieve an
intimate mixture of a large amount of propellant even in the event
of an engine failure. Hybrid motor fuels are also inert hydro-
carbons that are non-toxic. Hybrid motors have potential cost
benefits over existing liquid and solid systems. These potential
advantages make hybrid rocket motors promising candidates for
in-space propulsion.

In recent years there has been increasing interest in using hy-
brid rocket motors for interplanetary missions [1,2]. Preliminary
design studies have shown hybrid motors to be viable alternatives
to conventional propulsion systems for some exploration missions
[3-6]. Reference [3] and Reference [5] investigated utilizing hybrid
motor technology for a Mars Ascent Vehicle (MAV). According to
the analysis presented in Reference [3] a hybrid MAV could have a
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mass saving of up to 79 kg, representing a 22% total system wet
mass saving, compared to the baseline solid propulsion system.
Reference [4] investigated using a hybrid propulsion system for a
main in-space propulsion motor and found that the hybrid pro-
pulsion system could have a significant propellant mass saving
over the baseline liquid system. Reference [6] investigated a small-
scale hybrid propulsion system for a Mars aerocapture demon-
stration mission, and also found the hybrid propulsion system to
be a viable alternative to the baseline monopropellant hydrazine
system.

This paper extends the analysis of Reference [4] by applying the
more rigorous design approach adopted in Reference [6] to ex-
ploration missions requiring significant in-space propulsive
capabilities.

2. Mission selection

This paper presents novel hybrid motor designs for two inter-
planetary missions which each require large propulsive man-
euvers for orbit insertion. The two destinations of interest are
Europa and Uranus. These destinations were selected in line with
the recommendations of the Decadal Survey [7] based on their
level of scientific interest and the programmatic likelihood of a
mission in approximately the next 20 years.

Europa has been described as “one of the most important tar-
gets in all of planetary science” due to the potential for life to exist
in its ocean [7]. Interest in the habitability of Europa has led to the
development of the Europa Clipper mission concept, which re-
cently passed initial review and entered the formulation phase [8].
The baseline propulsion system for this flyby mission is based on
the version of the propulsion system presented in the 2012 review
of this concept [9]. This propulsion system was required to provide
152 km/s AV for maneuvers, Thrust Vector Control (TVC) during
the main engine burns, the Attitude Control System (ACS) for
times when reaction wheels are not being used, and reaction
wheel unloading. The system was also designed to provide ra-
diation shielding for avionics components. The baseline design
uses a dual-mode hydrazine (N;H,4) and nitrogen tetroxide (NTO)
bi-propellant system. This propulsion system is designed with one
main motor, four TVC thrusters, and sixteen ACS thrusters. The
main bi-propellant engine has a thrust of 458 N. Hydrazine
monopropellant thrusters with 22 N and 4.4 N of thrust are used
for TVC and ACS, respectively. The propellant budget for this
baseline propulsion system is provided in Table 1.

Uranus was selected as the second target of interest to be ex-
amined in this paper. Uranus is an ice giant, “the only class of
planet that has never been explored in detail,” Reference [7]. A

Table 1

Propellant budget for baseline Europa Flyby
mission concept [9]. Note that MR refers to
the Mixture Ratio.

Required Propellant Mass [kg]

Propellant for 1.52 km/s AV
Hydrazine (MR=0.85) 465

NTO 395
Total 860
Hydrazine for TVC 75
Hydrazine for ACS 40
Hydrazine Residual (2.5%) 14
NTO Residual (2.5%) 10
Total Hydrazine 594
Total NTO 405
Pressurant Gas 6
Total Propellant 1005

Table 2

Propellant budget for baseline Uranus
mission [10]. Note that MR refers to the
Mixture Ratio.

Required Propellant Mass [kg]

Propellant for 1.96 km/s AV
Hydrazine (MR=0.85) 758
NTO 644

Total 1403

Hydrazine for TVC and ACS 136

Hydrazine Residual (2.5%) 23

NTO Residual (2.5%) 17
Total Hydrazine 917
Total NTO 661
Pressurant Gas 7
Total Propellant 1585

Uranus Orbiter and Probe mission was selected as the third-
highest-priority flagship mission in the Decadel Survey [7] and
hence it is of interest to examine a hybrid propulsion system for
such a mission. The reference mission for this destination planet is
taken from Reference [10]. This mission design uses a propulsion
system very similar to that described for the Europa flyby mission.
The requirements are to have a propulsion system capable of
providing 1.958 km/s AV for maneuvers, TVC during the main
engine burns, ACS for times when reaction wheels are not being
used, and reaction wheel unloading. The propellant is again hy-
drazine and nitrogen tetroxide. The single main bipropellant en-
gine has 645 N of thrust, the four monopropellant thrusters for
TVC each have 22 N of thrust, and the eight monopropellant
thrusters for ACS each have 1 N of thrust. The propellant masses
for the Uranus reference mission are detailed in Table 2.

3. System requirements

The system requirements for the hybrid propulsion systems
designed in this paper are taken from the propulsion system re-
quirements for the two reference mission architectures discussed
in the previous section. Specifically, each hybrid propulsion system
is required to provide propulsion for large maneuvers, with the
capability to provide the total AV shown in Table 3, TVC during
main engine operation, ACS in the event that reaction wheels are
not being used, and reaction wheel unloading.

The interplanetary nature of the two missions, with long multi-
year cruise phases, see Table 3, necessitates the consideration of
only storable or high-pressure gas oxidizer options. Thus, the use
of cryogenic oxidizers, such as liquid oxygen, is precluded from
consideration. The system is designed for nominal operation at
20 °C.

The thrust of the propulsion system must be such that the
maximum acceleration of the spacecraft is always less than 3 g
(29.4 m/s?) if the spacecraft uses Radioisotope Thermoelectric

Table 3
Summary of key mission parameters for two reference missions. Values from Re-
ferences [9-11].

Parameter Units Europa Uranus
AV [km/s] 1.52 1.96
Spacecraft Wet Mass™ [kg] 2354 3345
Cruise Phase [years] 6.37 14

* Spacecraft mass for the Europa reference mission is Current Best Estimate
(CBE) mass. Spacecraft mass for the Uranus reference mission is maximum launch
capability. These different definitions were selected in order to be consistent with
the values used for propulsion system trades in each reference mission.
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Generators (RTGs) as its source of power, and less than 1 g (9.8 m/
s%) if the spacecraft uses solar arrays.

Heritage components are used wherever possible in order to
mitigate risk associated with adopting a novel propulsion system
over the proven dual mode bi-propellant baseline systems.

4. Design methodology

A simplified overview of the design process adopted to calcu-
late all primary propulsion system masses presented in this paper
is shown schematically in Fig. 1. Current literature on hybrid
rocket system design, References [3-6], does not describe the
methodology used to generate the final hybrid rocket motor

design. This detail is provided here in order to both provide gui-
dance for researchers wishing to evaluate hybrid rocket motor
designs for other missions and applications, and to elucidate some
of the challenges involved with designing these systems given the
current Technology Readiness Level (TRL) of hybrid rocket motor
technology and the limited availability of test data for these
systems.

As described in the previous section, this paper evaluates hy-
brid rocket motor designs for two missions with baseline liquid
propulsion systems. The required AV for each mission is taken
from the baseline mission and is the main requirement for the
propulsion system. The baseline design masses and payload mas-
ses are used to give an indication of the total mass of the system to
be analysed. If the mass of the hybrid propulsion system is larger
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Fig. 1. Simplified overview of the hybrid rocket motor design process adopted in this paper. Details of each step and pertinent equations are provided in the text. AR refers to
Area Ratio. 7~ and 5, are the combustion and nozzle efficiency, respectively. CEA refers to Chemical Equilibrium with Applications, see Reference [12]. O/F is the ratio of
oxidizer to fuel mass. Do and D; refer to the outer and inner fuel grain diameter, respectively. L refers to the fuel grain length. CC refers to Combustion Chamber.
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Table 4
Summary of oxidizer properties. Data is taken from References [13-17].

Oxidizer Name Chemical Composition

Density at 298 K [kg/m?]

Freezing Temperature [K]'"

Boiling Temperature [K]'*

MON-3 97% N204 + 3% NO

Nitrogen Tetroxide  N,O4 or N;O4 +1% NO

IRFNA 82-85% HNO; + 13-15% N,O4 + 2-3% H,0 + 0.4-0.6% HF
Nitrous Oxide N,O

Hydrogen Peroxide H,0,

Gaseous Oxygen 0,

1433 x 10° 261.95 294.4
1433 x 10°* 261.95 2944
1.583 x 10%* 221.15 3373 -373.2
776** 182.3 184.7
1414 x 10° 272.72 423.4
13317 54.36 90.2

* Liquid density at pressures above vapor pressure.

** Saturated liquid density at a pressure of 6895 kPa (1000 psi).

T The density of gaseous oxygen is shown for storage at 293.15 K and 101.3 kPa.
Tt Temperatures listed for storage at atmospheric pressure.

or smaller than the mass of the baseline propulsion system then
this is interpreted as a net decrease or increase, respectively, of the
available payload mass as compared to the baseline design. This
approach removes the need for iterative design as would be re-
quired if the payload mass were held constant and the propulsion
system mass adjusted to achieve the required AV for a spacecraft
with a larger or smaller total mass. Thus, in this paper the total
system wet mass is treated as a requirement for the propulsion
system design.

The nature of the mission being analysed places further re-
quirements on the propulsion system, particularly in regard to
propellant selection. As described in the previous section, the long
timeline associated with interplanetary missions restricts the
choice of oxidizer to include only storable and gaseous oxidizers.
The selection of fuel remains relatively unaffected.

The potential oxidizers for an in-space hybrid propulsion sys-
tem are listed along with their properties in Table 4. The oxidizers
presented are MON-3 (N,04, +3% NO, by mass), nitrogen tetroxide
(N204), Inhibited Red-Fuming Nitric Acid (IRFNA) (82-85% HNO5 +
13-15% N,04 +2-3% H,0 + 0.4-0.6% HF, by mass), nitrous oxide
(N20), hydrogen peroxide (H,0,), and gaseous oxygen (O;). The
oxidizer selected for a given mission is typically chosen for its
performance, density, suitability for long-term storage, and flight
heritage.

All hybrid rocket fuels considered in this paper are inert hy-
drocarbons, however they differ widely in their appearance,
structural properties, performance and burn rate. Five different
solid hydrocarbon fuels are considered; namely paraffin wax,
PolyEthylene (PE) wax, Hydroxyl-Terminated PolyButadiene
(HTPB), High Density PolyEtheylene (HDPE), and Poly-Methyl
MethAcrylate (PMMA) fuel grains are investigated. These five fuel
grains were chosen as they span a range of burn rates and there is
published regression rate data for the combustion of these fuels
with some oxidizers. The first two fuels, paraffin wax and PE wax,
are liquefying high regression rate fuels, whilst the last three fuels,
HTPB, HDPE and PMMA are classical hybrid rocket fuels. The
thermochemical properties assumed for these fuels are provided
in Table 5. There are other candidate fuel grain materials such as
nylon and Acrylonitrile Butadiene Styrene (ABS) that are not dis-
cussed here.

Table 5
Summary of hybrid rocket fuel properties. Data is taken from References [18-21].

Name Molecular Formula Heat of Formation Density
[-] [-] [keal/mol] [kg/m?]
Paraffin C32Hes —224 925

PE Wax [CoHaln -13 940
HTPB Ce54HossN5020 1142 919
HDPE [CoHaln -13 960
PMMA [CsHsO2)n -103 1180

The performance and properties of hybrid rocket fuels can be
altered to some extent through the addition of solid additives,
such as metals and metal hydrides. The use of micron sized alu-
minum additives is considered here as a means to increase the
specific impulse and density impulse of the motor. The addition of
aluminum particles also has the effect of adjusting the ideal oxi-
dizer to fuel mass ratio (O/F) of the motor.

A fuel and oxidizer combination that satisfies requirements for
storability, safety, system heritage, and potentially also require-
ments for compatibility is chosen. In order to evaluate the per-
formance of this fuel and oxidizer the chamber pressure and
nozzle Area Ratio (AR) must first be selected. These values, along
with the thermochemical properties of the propellants, see Ta-
bles 4 and 5, are inputs to a chemical equilibrium solver, which
determines the final composition of the mixture after combustion
by finding the composition that minimizes the Gibbs free energy
of the mixture. In this work Chemical Equilibrium with Applica-
tions (CEA), see Reference [12], is used to perform all such calcu-
lations and determine the ideal specific impulse, Ispjgea;, Of the
propellant combination. Note that the ideal specific impulse is
optimized across a range of oxidizer to fuel mass ratios (O/F) for
the propellant combination. The OfF corresponding to the max-
imum ideal specific impulse is used for the remainder of the de-
sign. There can be instances where non-ideal OfF ratios are de-
sirable, such as when volume constraints outweigh performance
benefits, but in general the selection of O/F resulting in maximum
specific impulse optimizes the total mass of the final design [22].

The ideal specific impulse is multiplied by the combustion ef-
ficiency and nozzle efficiency in order to generate a more realistic
prediction of the delivered Isp of the propulsion system. A c* ef-
ficiency of 95% is assumed throughout this paper, consistent with
the achieved ground test results of Reference [23]. The shape of
the nozzle determines the nozzle efficiency; a nozzle efficiency of
98% is assumed for a conical nozzle and 99% for a bell shaped
nozzle. These values are taken from Reference [14].

The total spacecraft mass, required AV, and the specific im-
pulse of the propellants are then input to the rocket equation, Eq.
1, to determine the total propellant mass required.

)
Mprop = Miotal 1 —elbre
(M

Here myp,p is the propellant mass, Mo is the total spacecraft
wet mass, Isp is the ideal specific impulse of the motor multiplied
by the ¢* and nozzle efficiencies, and g is 9.8 m/s2. This propellant
mass is then separated into the oxidizer mass and fuel mass using
the ideal OJF ratio. A 2.5% residual oxidizer mass is assumed. An
oxidizer tank ullage of 5% is also assumed for all liquid oxidizers.

If an external pressurant is used, then the required pressurant
mass is calculated assuming that all of the liquid oxidizer is ex-
pelled from the tank and the pressurant is used to maintain a
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constant oxidizer tank pressure throughout the burn. The expan-
sion of the pressurant gas is assumed to be isothermal. This as-
sumption is equivalent to assuming that the heat transfer from
heaters and avionics is sufficient to overcome cooling associated
with pressurant gas expansion and therefore to maintain constant
temperature in the tanks. This scenario would occur if the oxidizer
were expelled over a long time scale. An alternative approach
would be to assume that the oxidizer is expelled over a very short
time period; precluding significant external heating of the tank
during the burn. This is equivalent to assuming that the pressurant
gas expands adiabatically. The adiabatic and isothermal assump-
tions bound the range of possible tank conditions. Following the
calculation of the required pressurant mass along with the corre-
sponding volumes of the oxidizer and pressurant tanks, the mass
of these tanks is then determined.

The oxidizer and pressurant tanks are defined to be either
metallic tanks or Composite Overwrapped Pressure Vessels
(COPVs). The mass of the COPV tanks is calculated using an em-
pirical scaling law. The COPV tanks use a metallic liner assumed to
be 0.762 mm (0.03 in.) thick. The material of this liner is selected
based on material compatibility with the oxidizer and pressurant.
The metallic tanks are constructed of a material compatible with
the oxidizer and pressurant and do not require an additional liner.

The metallic oxidizer and pressurant tank masses are calculated
using structural calculations for a thin-walled pressure vessel.
Spherical and cylindrical tanks with hemispherical end caps are
investigated; the wall thickness, tsphere and tcy, is determined from
Egs. 2 and 3, respectively. A safety factor, k, of 1.5 is used for all
structural calculations. If the required thickness of the tanks is
calculated to be less than the minimum material thickness for
machinability then the tank thickness is set to this minimum
material thickness, which is defined to be 0.762 mm (0.03 in.) for
all structures presented in this paper.

t _ kPrsphere
I PR
sphere 26y @)
kPrey,
tcyl = -
%y 3)

Where oy is the yield stress of the tank material, P is the
Maximum Expected Operating Pressure (MEOP) of the tank, and r
is the tank radius. The mass of the metallic oxidizer and pressurant
tanks is then able to be determined based on the density of the
selected materials, along with the external geometry and thickness
of the tanks.

The total mass of the fuel grain is increased to account for the
unburned sliver fraction. A sliver fraction of 1% is assumed as this
value has been achieved during hybrid rocket ground testing. It is
assumed that the fuel grain is cylindrical and has a single port.
Structural considerations for a thick-walled cylinder dictate that
the ratio of the outer diameter, D,, to the inner diameter, D;, of the
fuel grain should be around 2. This is of particular importance for
high regression rate fuels, such as paraffin and PE wax, which are
brittle materials with comparably lower tensile strengths. A fuel
grain length-to-diameter ratio of around 6 is initially also used.
This value is used in order to provide sufficient length for mixing,
leading to adequate propellant utilization, and to ensure operation
over a reasonable range of mass fluxes, G, in the port. The range of
mass fluxes for a given design is checked at the end of the design
cycle. The length to diameter ratio of the fuel grain is not required
to be exactly 6, this is simply a rule of thumb and can be increased
or decreased as needed in order to improve the final design of the
motor in terms of the burn time, the operating range of mass
fluxes, and the packaging configuration. The fuel grain geometry is
thus determined from the total mass of fuel and these engineering

constraints on the length and diameter ratios. An insulator is se-
lected, typically garolite or paper phenolic; a garolite G10 liner
with 0.5 mm (0.0197 in.) thickness is assumed for these designs.
The mass of this liner is calculated and included with the com-
bustion chamber mass. The thickness of the combustion chamber
wall is calculated using Eq. 3 assuming that the combustion
chamber is made of titanium and is a thin walled pressure vessel.
The geometry of the pre and post combustion chamber is input
and the total mass of the combustion chamber is calculated.

As can be seen in Fig. 1, the next step in the design process is to
determine the burn time. This is the time that it takes to burn the
full fuel grain and oxidizer. This is not a free variable in the design
with the current formulation, as the burn rate of the fuel is a
function of the fuel grain geometry and oxidizer mass flux, which
is already fixed if one is to achieve the ideal O/F. At a given axial
position x along the port, the fuel mass transfer rate is propor-
tional to the mass flux averaged across the port, this relationship is
known as the regression rate law for a hybrid rocket, see Eq. 4.

F=ax™G" )

My + My My

2

where G =
xr ﬂ.'rz (5)

G is the mass flux in the port, r is the radius of the port, and i1, and
i, are the oxidizer and fuel mass flow rates, respectively. The
constants and a, n and m are empirically determined parameters
for a given fuel/oxidizer combination. The fuel mass flow rate, i,
increases with axial distance along the port leading to coupling
between the local fuel regression rate and the local mass flux.
Because axial regression rate dependence is small, the effect of the
length dependence on the regression is often neglected. Further-
more, it can be shown that the regression rate behavior can be
written solely in terms of oxidizer mass flux, as:

P= aocon ©)

Here G, is the average oxidizer mass flux. Eq. 6 is used to design
hybrid rocket motors for all of the initial trades presented in this
paper. The use of Eq. 6 to design a hybrid rocket motor is com-
monly adopted [3-6], however it can lead to inaccuracies in the
design, particularly with regard to the achieved O/F ratio [6].

With current formulation using Eq. 6 and the assumption of
regulated oxidizer mass flow rate, the burn time can be written:

1
(D%nﬂ _ DjZnH)ﬂn 1-n
a,(2n+1)Mj,

Cpurn =

Q)

Here tyum is the burn time, D; and Dy are the initial and final
port diameter respectively, and Moy is the total mass of oxidizer.
This expression for burn time is very sensitive to the selection of
the empirical regression rate constants a, and n. There is much
scatter and disagreement in referenced data for these constants
and hence the burn time calculated using this method must be
treated as indicative only and confirmed by testing. The dis-
agreement in the data likely stems from the dependence of a, on
the OJF ratio. Unfortunately, it is not common practice to publish
the oxidizer to fuel ratio at which a given value of a, and n was
determined.

It is of interest to see how sensitive the regression rate is to
small changes in the parameters a, n, and m. Let the parameters be
changed by small amounts.

a—aa

n-n+n
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m-m+m
The regression rate equation, Eq. 4, becomes

, . n+n
or _aa [Mpor
ot Xm+m/ ﬂrz

®

The ratio of the perturbed to unperturbed regression rate for
constant oxidizer mass flow rate is

% B a,”n' (mox(o) )n ](])n,
r(0, Oy™ \r(0, 0

R m ﬂrz
ot X

(n',m/)=(0.0> 9

where

_rx 0
10, 0)

t

T=
tburn

Mgy + 1yp(X, 1)

J

mOX

X
" 10, 0)

X

Note that the relative error in the regression rate is the same as
the relative error in the fuel mass flow rate. For small changes in n
and m, and values of a’ very close to one we can approximate Eq. 9
as

IR

R s .
dR"—T 1+n InM(%) +ln+
F r@, 0y T

)

(n.m)=0.0) @y ar (10

The first term multiplying n" in Eq. 10 is a fixed number and, to
a good approximation, is the logarithm of 7 times the initial flux in
the port, typically a number in the range 5 to 8. The second term in
brackets is approximately the logarithm of the dimensionless flux
in the port and depends on space and time. The dimensionless flux
is generally less than one so this factor tends to be negative except
near the port entrance. For m = 0 the second factor is approxi-
mately -In(1/7)=1.14. Thus, in general, small changes in n change
the rates substantially more than comparable changes in a or m,
see Eq. 11, and therefore have a correspondingly larger effect on
the system design.

JR

U e
— ~1+~7n

*lm)=00) 1)

The disagreement in the regression rate parameters da, and n
can most clearly be seen by looking at test results for the com-
bustion of HTPB with oxygen. Table 6 lists published values of a,

Table 6

Regression rate coefficients for the combustion of O, with HTPB fuel. Also listed is
the range of oxidizer mass flow rates over which these coefficients were
determined.

Label a, n Go [kg/m?s] Reference
A 5.41x 107 0.65 80-150 [24]
B 4.40 x 107 0.66 175-325 [24] Slab
C 8.70 x 107 0.53 50-400 [25]
D 2.85x 107 0.68 35-280 [15]
E 4.90 x 107° 0.61 80-300 [17]
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Fig. 2. Regression rate versus oxidizer mass flux of HTPB fuel combusting with O,
according to Eq. 6. Regression rate law data is provided in Table 6.

and n, the corresponding prediction of regression rate using these
values is shown in Fig. 2. The values of a, for regression rates in m/
s and mass flux in kg/m?s range between 2.85x10~> and
8.75 x 1075, representing a variation of up to 3 times the pub-
lished value. Values for n range between 0.53 and 0.68. The lack of
agreement on the empirical parameters is particularly pronounced
for the combustion of HTPB, likely due to differences in the fuel
formulation resulting from variation in the curing process adopted
by each group of researchers. However, the inconsistency in the
published values still exists to some degree for other fuel and
oxidizer combinations, due to the dependence of a, on the OfF.
Hence, the burn rates and motor designs presented in this and
other design papers should be treated as indicative only; a full test
campaign is always recommended to validate a motor design.

The published regression rate parameters used in this paper are
shown in Table 7 and Fig. 3.. Test data is not currently published
for many of the fuel and oxidizer combinations discussed in this
paper. Regression rate parameters are estimated whenever test
data is not available. These estimated values of the parameters
should be treated as indicative only.

Following the calculation of the burn time using Eq. 7, the
operating range of oxidizer mass fluxes should be checked to

Table 7

Note that the regression rate parameters published for PE wax and IRFNA were not
explicitly listed in References [21] and [28]; instead they were calculated using data
published in those papers.

Oxidizer  Fuel ao n Reference
0, Paraffin 117x10% 062 [26]
0, PE Wax 431x10° 071 [21]
0, HTPB 3.04x10° 0.68 [26]
0, HDPE 234%10° 062 [26]
0, PMMA 211x10° 062 [19]
N,0 PMMA 131x10% 034 [27]
N,0 HTPB 1.88x10* 035 [27]
N,O HDPE 116x10% 033 [27]
N,O Paraffin 155x10% 050 [26]
IRFNA 80% Polybutadiene/ 20% PMMA 318 x10®  0.56  [28]
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Fig. 3. Regression rate versus oxidizer mass flux for regression rate data provided
in Table 7.

ensure that the mass flux is within a normal operating range for
hybrid rocket motors throughout the burn. Note that the exact
range of reasonable oxidizer mass fluxes is still somewhat up for
debate and likely depends on the propellant combination. Some
researchers assert that the final mass flux in the motor should be
greater than approximately 50 kg/m?s, whilst others report stable
motor operation at mass fluxes as low as 0.43 kg/m?s [29]. To be
conservative, in this paper we require the oxidizer mass flux to be
above 50 kg/m?s for the duration of the motor operation.

The acceleration of the vehicle should also be checked at this
point. A maximum acceleration of 3 g (29.4 m/s?) is imposed for all
hybrid rocket motor designs presented in this paper. If the re-
ference missions were to use solar arrays, then a 1g (9.8 m/s?)
acceleration constraint would be imposed.

If the calculated mass fluxes within the combustion chamber
and the vehicle acceleration are reasonable then the design of the
motor can be continued, if not then the inputs should be varied in
order to generate a more reasonable design.

The nozzle geometry and mass can be determined after the
calculation of the burn time. The first step in this process is to
determine the size of the nozzle throat using the knowledge that
the nozzle throat will be choked and solving for the throat size
required to achieve the specified chamber pressure.

The diameter of the nozzle throat must be checked relative to
the initial diameter of the fuel port to ensure that the Mach
number in the port is low. Given that these motors operate in the
vacuum of space; the nozzle throat is guaranteed to be choked.
Thus, the upstream Mach number can be estimated using Eq. 12
and the fluid properties of the combustion products output by
CEA.

. _r+l
ﬁ_(?+1)2(7*1) M
2

A

r+1

(1+ 5 M0 a2

Here A’ refers to the nozzle throat area, A refers to the initial
cross-sectional area of the port, y refers to the ratio of specific

heats of the combustion products, and M is the Mach number at
the end of the port. This equation neglects the effect of heat ad-
dition on the total temperature resulting from combustion be-
tween the post combustion chamber and the nozzle throat. A good
rule of thumb is to ensure that the Mach number in the port
calculated with Eq. 12 is less than approximately 0.3; this corres-
ponds to a diameter ratio, Dj/Dinroat Of at least 1.5.

Assuming that the ratio of port diameter to nozzle throat dia-
meter is reasonable then the nozzle mass can be calculated. The
mass of the nozzle is estimated using an empirical equation for
solid rocket motor nozzles from Reference [14], with a correction
to account for the reduced mass of the hybrid rocket motor nozzle
throat insert as compared to a submerged solid rocket motor
throat, see Eq. 13.
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Here M;ozz1e is the nozzle mass [kg], ¢* is the characteristic
velocity [m/s], P. is the combustion chamber pressure [MPa], t,urm
is the burn time [s], Diroat 1S the nozzle throat diameter [m], € is
the nozzle area ratio, and 8., is the nozzle half-angle.

The weight of the nozzle, oxidizer tanks, pressurant tanks, and
the combustion chamber together constitute the primary struc-
tural mass of the propulsion system. This primary propulsion
system mass, along with the propellant mass, is used to compare
the hybrid motor designs in order to evaluate the various trades.
The secondary structures include all feedline valves, fittings and
tubing, the igniter, propellant management devices, component
supports, and tank mounts and bosses. Cabling associated with the
propulsion system is not included in the propulsion system mas-
ses. Secondary masses are estimated for the final hybrid motor
design in order to compare it to the baseline chemical propulsion
system.

5. Results
5.1. Propellant selection

The performance of the oxidizers listed in Table 4 is evaluated
by investigating their ideal vacuum specific impulse, Ispyac, for
combustion with neat paraffin wax and with 70% neat paraffin wax
and 30% aluminum powder, see Figs. 4 and 5, respectively.

Figs. 4 and 5 show that the performance of gaseous oxygen is
superior to the other oxidizers considered in this paper. At the
conditions analysed it has a vacuum specific impulse approxi-
mately 9% higher than the next best oxidizer, hydrogen peroxide.
However, the properties provided in Table 4 show that the density
of gaseous oxygen can be three orders of magnitude less than its
liquid counterparts. Increasing the pressure at which it is stored
can of course increase the density of gaseous oxygen. Fig. 6 shows
the density of gaseous oxygen at 293.15 K with increasing pres-
sure. It can be seen that the density can be increased to around
500 kg/m? by storing the gas at 41.37 MPa (6000 psi). This increase
can reduce the volume required for oxygen enough to make it
feasible for some missions [6]. However, a density of 500 kg/m? is
still only a fraction of the density of the liquid oxidizers and for
large systems, the large mass and volume of the high pressure
tanks required to store gaseous oxygen outweigh the performance
benefit associated with using this oxidizer. Thus, gaseous oxygen is
not used in the final system designs presented in this paper.

Hydrogen peroxide is typically listed as a storable oxidizer, and
is thus included in Table 4, Figs. 4, and 5, however it is not well-
suited to long duration flight missions. Hydrogen peroxide is a
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Fig. 4. Ideal Ispyac versus O/F for a range of oxidizers with paraffin wax. This figure
is generated using Chemical Equilibrium with Applications [12], with a nozzle area
ratio of 100 and chamber pressure of 1.38 MPa (200 psi).
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Fig. 5. Ideal Ispyac versus O/F for a range of oxidizers with 70% paraffin wax and
30% aluminum. This figure is generated using Chemical Equilibrium with Applica-
tions [12], with a nozzle area ratio of 100 and chamber pressure of 1.38 MPa
(200 psi).
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liquid at ambient temperatures [14] and has reasonable perfor-
mance. However, hydrogen peroxide is not storable over extended
periods of time. Hydrogen peroxide decomposes exothermically at
a rate of 1-3% per year and can explode at temperatures above
448 K [15]. Hydrogen peroxide is therefore not deemed suitable
for the exploration missions discussed in this paper which each
have multi-year cruise phases, as shown in Table 3.

The performance of nitrous oxide (N,O) and IRFNA is very si-
milar but is low compared to the performance of the other oxi-
dizers considered. Nitrous oxide has been used extensively for
small-scale hybrid rocket test programs and is the oxidizer used in
Spaceship 1 and 2 [31]. However, nitrous oxide does not have in-
space heritage. Nitrous oxide also does not have high density, see
Table 1. Thus, nitrous oxide is not considered as an oxidizer for
these missions.
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Fig. 6. Density of gaseous oxygen versus pressure at 293.15 K from Ref. [30].

IRFNA has been used in liquid bipropellant tactical missiles and
has significant flight heritage from early in-space systems. One of
the major benefits of IRFNA is its high density. The increased
density of IRFNA might compensate for the lower performance of
the oxidizer and thus it is considered as an oxidizer for the two
missions.

MON-3 has reasonable performance and is a storable liquid
oxidizer with significant heritage. A design utilizing MON-3 as an
oxidizer is considered for the two missions.

Empirical regression rate data for the combustion of MON-3
with other hybrid rocket fuels is not published and thus has to be
estimated. The regression rate of the fuel is a function of heat
transfer to the fuel surface predominantly via turbulent diffusion.
In the absence of further information, the regression rate of MON-
3 with paraffin wax is thus approximated based on the flame
temperature of a MON-3/paraffin flame as compared to the flame
temperature of a nitrous oxide/paraffin flame and a gaseous oxy-
gen/paraffin flame at ideal operating conditions for peak Ispyac.
The adiabatic flame temperature for MON-3/paraffin, nitrous
oxide/paraffin, and gaseous oxygen/paraffin were determined via
CEA to be 3272 K, 3237 K, and 3459 K, respectively. The regression
rate of MON-3 was therefore estimated using the regression rate
parameters for nitrous oxide. This assumption is only approximate.
Experimental testing is required in order to obtain an accurate
regression rate estimate for this oxidizer. As described in the de-
sign section of this paper, the estimate of the regression rate
parameters does not affect the calculations of propellant mass
required to achieve a given AV, rather it effects the geometry of
the fuel grain, the oxidizer mass flow rate required to achieve the
design OfF and, therefore, also the estimated thrust of the motor.
These values have only a secondary effect on the system mass, and
so the masses presented using the approximated regression rate
parameters are expected to be reasonable estimations of the final
system mass. Other papers considering system studies for these
vehicles, such as Reference [4], made similar assumptions in the
absence of test data.

The n exponent for the combustion of IRFNA is taken from
Table 7. It is assumed that this exponent remains the same for
other hybrid fuels. For both IRFNA and MON-3, the value of a, is
scaled based on the selection of fuel and the relative burn rates of
these fuels with other oxidizers. For designs using the addition of
30% aluminum powder, the value of a, is scaled by a further 10% to
account for the typically observed increase in regression rate of
aluminized fuels over neat fuels.
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Table 8
Comparison of hybrid propulsion system utilizing MON-3 oxidizer with a propul-
sion system utilizing IRFNA as the oxidizer.

Parameter Units MON-3 IRFNA MON-3 IRFNA
Fuel [-] PE Wax PE Wax PE Wax + PE Wax +
30% Al 30% Al
Pressurant [-] He He He He
Hybrid AV [m/s] 1520 1520 1520 1520
Hybrid Isp* [s] 322 307 326 314
Ideal Impulse Density [s kg/ 448 466 471 491
L]
Burn Time [s] 81 89 86 88
Thrust [N] 34961 31696 33189 31929
Fuel Mass [kg] 162 149 225 197
Oxidizer Mass [kg] 758 807 684 741
Pressurant Mass [kg] 5 5 4 4
Total Propellant Mass [kg] 925 960 913 943
Primary Structure Mass  [kg] 79 75 75 72
Propellant Mass and Pri- [kg] 1004 1035 988 1015

mary Structure Mass

* Isp assumes that combustion efficiency is 95% and nozzle efficiency is 99%.

The selection of oxidizer for these exploration missions is
evaluated by comparing designs for IRFNA versus MON-3, see Ta-
ble 8. It can be seen in this table that the masses for both of the
systems is of the same order, however the MON-3 system is
lighter. The greater performance of MON-3 has a larger effect on
the primary propulsion mass than the larger density of IRFNA.
MON-3 is also currently widely used for in-space liquid bipro-
pellant systems and is therefore selected as the oxidizer of choice
for the two missions analysed here.

The fuel used for both propulsion designs presented in Table 8
was PE Wax. With the exception of PMMA, the performance of all
hydrocarbon fuels introduced in Table 5 is very similar when
combusted with MON-3; see Fig. 7.

The selection of fuel has the greatest effect on the burn time of
the hybrid rocket motor, and hence on the thrust of the motor,
Table 9. Designs are shown in this table for each neat hydrocarbon
fuel as well as for each fuel with 30% aluminum powder. Note that
the higher ideal performance of the aluminized fuel grains may be
challenging to realize in practice. Combustion of solid aluminum
can lead to decreased combustion efficiency and issues with slag
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Fig. 7. Ideal Ispyac versus OfF for a range of fuels with MON-3. This figure is
generated using Chemical Equilibrium with Applications [12], with a nozzle area
ratio of 100 and chamber pressure of 1.38 MPa (200 psi).

in the post combustion chamber. Paraffin fuel grains with the di-
mensions prescribed in Fig. 1 were not found to be suitable for the
Europa mission as their fast burn rates led to vehicle accelerations
larger than 29.4 m/s? (3 g) towards the end of the burn.

The classical fuels HTPB, HDPE and PMMA all satisfy the ac-
celeration requirement and the slower burn rate of these fuels has
the beneficial effect of reducing the nozzle throat diameter, and
hence the nozzle mass. However, their slow burn rates require low
oxidizer mass fluxes in order to achieve the design O/F ratio
throughout the burn. The mass fluxes of the motors using classical
fuels can be as low as 14 kg/m?s by the end of the burn, and may
lead to problems with motor operation, such as combustion in-
stabilities and possible motor extinction. For this reason, PE wax
with 30% aluminum powder is selected as the fuel of choice for a
hybrid motor using a length-to-diameter ratio of 6 as suggested in
Fig. 1. The faster burning paraffin wax fuel is only suitable if the
length of the motor is reduced, this shall be discussed further in
the context of packaging.

5.2. Chamber pressure and nozzle area ratio

The ideal combustion chamber pressure and nozzle area ratio
for these motors cannot be determined independently. Increasing
the nozzle area ratio monotonically increases the system perfor-
mance, however it also results in a larger nozzle mass, volume,
and length. Increasing the combustion chamber pressure also in-
creases the system performance, and results in a smaller nozzle
throat required for a given propellant flow rate, thereby reducing
the size of the nozzle for a given nozzle area ratio. However, in-
creasing the combustion chamber pressure can also increase the
required structural mass since the combustion chamber and tanks
must be designed for higher pressure operation. The net effect of
changing the combustion chamber pressure and nozzle area ratio
is shown in Fig. 8. The total system mass is minimized when a
combustion chamber pressure of 2.07 MPa (300 psi) is used. As
expected, increasing the nozzle area ratio increases the system
performance, however, most of the gain associated with increasing
the area ratio is obtained with an area ratio of 100. Any increase in
area ratio above this value only marginally decreases the system
mass, but results in a much larger nozzle length. Thus, a nozzle
area ratio of 100 and a combustion chamber pressure of 2.07 MPa
(300 psi) are selected for the final hybrid designs.

5.3. Packaging

One of the benefits of hybrid rocket motors is the flexibility in
their packaging. No specific packaging requirements were given
for the two missions analysed here. In reality, the selection of
launch vehicle and the geometry of the spacecraft will impose
volume and configuration constraints. The hybrid rocket motor
designs analysed so far in this paper have assumed that one main
motor is used. It is possible to design an alternative system uti-
lizing multiple hybrid rocket motors operating in parallel, such as
the propulsion system proposed in Reference [4]. Such a system
could utilize differential throttling between the four motors for
TVC during the main burn. This configuration was analysed for the
Europa mission and found to increase the propulsion system mass
by 5-10%, as compared to a single motor system and thus is not
recommended as the configuration of choice for an orbit insertion
motor unless required to meet the packaging constraints. In the
absence of such constraints for the two missions presented here, a
simple, single main hybrid rocket motor is used for the main
burns, with heritage monopropellant thrusters used for ACS and
TVC.

The fuel geometry constraints shown in Fig. 1 produce pro-
pulsion systems with a long, thin geometry compared to existing
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Table 9

Comparison of hybrid propulsion systems utilizing various fuels. MON-3 is the assumed oxidizer for all of these systems.

Parameter Units Paraffin HTPB HDPE PMMA PE Wax Paraffin +30% Al HTPB +30% Al HDPE +30% Al PE Wax+30% Al PMMA +30% Al
Hybrid Isp* [s] 322 324 322 308 322 327 329 326 326 315
OfF [-] 4.7 4.0 4.6 2.7 4.6 3.0 2.5 3.0 3.0 1.7
Ideal Impulse Density [s kg/L] 447 444 451 443 448 469 467 473 471 478
Burn Time [s] 28 106 267 284 81 29 119 283 86 322
Thrust [N] 102971 26716 10635 9891 34961 96693 24015 10059 33189 8780
Max. Acceleration [m/s?] 71 18 7 7 24 66 16 7 23 6
Min. Mass Flux [kg/m?s] 254 58 27 20 87 199 42 21 69 14
Propellant Mass [kg] 925 920 925 956 925 913 908 913 913 937
Primary Dry Mass [kg] 106 74 63 61 79 101 69 60 75 56
Total Mass’ [kg] 1030 994 988 1017 1004 1014 977 973 988 993

* Isp assumes that combustion efficiency is 95% and nozzle efficiency is 99%.

T Total mass in this table refers only to propellant mass and primary propulsion mass.
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Fig. 8. Propellant and primary structural mass for a Europa flyby mission hybrid
rocket motor versus nozzle Area Ratio (AR) and combustion chamber pressure (P.).
PE wax with 30% aluminum and MON-3 are used as the fuel and oxidizer of this
system. The structural masses are calculated assuming COPV tanks and a titanium
combustion chamber.

solid and liquid systems. Alternative geometries with smaller
length-to-diameter ratios are explored in case the large propulsion
system lengths prove prohibitive to their adoption.

Decreasing the length of the hybrid rocket fuel grain requires a
shift to a faster burning fuel such as paraffin wax in order to op-
erate at reasonable oxidizer mass fluxes without shifting to a
complicated multi-port fuel grain design. The main parameters for
these motors, as well as motors for Uranus are provided in Ta-
bles 10 and 11. Fig. 9 provides a scale comparison of the dimension
of the two motor designs for the Europa mission. Note that the
total system masses for both configurations are very similar and
both propulsion systems satisfy the mission requirements for the
Europa mission; however, the short motor for the Uranus mission
does not meet the 3 g maximum acceleration requirement.

5.4. Comparison to baseline systems

The hybrid propulsion systems presented in the previous sec-
tion are compared to the baseline propulsion systems. The base-
line systems were discussed in detail in section II and section III.
They are comprised of bipropellant liquid engines using NTO and
hydrazine, and monopropellant hydrazine thrusters for TVC and
ACS. The hybrid propulsion systems utilize the baseline thrusters
for TVC and ACS. Secondary propulsion system masses are

Table 10
Comparison of a long and short hybrid propulsion system for the Europa flyby
mission. MON-3 is the oxidizer for both systems.

Europa

Parameter Units Long Motor Short Motor

Fuel [-] PE Wax+30% Paraffin+30% Al
Al

Pressurant [-] He He

Hybrid Isp* [s] 326 327

Burn Time [s] 86 74

Thrust [N] 33189 38373

Max Acceleration [m/s?] 23 26

Initial Go [kg/m?s] 276 199

Final Go [kg/m?s] 69 50

L/Do [] 6 3

Nozzle and CC Length [cm] 400 336

Fuel Mass [kg] 225 225

Oxidizer Mass [kg] 684 684

Pressurant Mass [kg] 4 4

Total Propellant Mass [kg] 913 913

Primary Structure Mass [kg] 75 76

Propellant and Primary Struc-  [kg] 988 990

ture Mass

* Isp assumes that combustion efficiency is 95% and nozzle efficiency is 99%.

Table 11
Comparison of a long and short hybrid propulsion system for a mission to Uranus.
MON-3 is the oxidizer for both systems.

Uranus

Parameter Units Long Motor Short Motor

Fuel [-] PE Wax + Paraffin + 30%
30% Al Al

Pressurant [-] He He

Hybrid Isp* [s] 326 327

Burn Time [s] 103 89

Thrust [N] 47646 55087

Max Acceleration [m/s?] 26 30

Initial Go [kg/m?s] 276 199

Final Go [kg/m?s] 69 50

L/Do -] 6 3

Nozzle and CC Length [cm] 479 403

Fuel Mass [ke] 386 386

Oxidizer Mass [kg] 1177 1177

Pressurant Mass [keg] 8 8

Total Propellant Mass [ke] 1571 1571

Primary Structure Mass [kg] 132 135

Propellant and Primary Structure [kg] 1703 1706

Mass

* Isp assumes that combustion efficiency is 95% and nozzle efficiency is 99%.
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Fig. 9. Example configurations for a long (left) and short (right) hybrid rocket
motor for the Europa mission. Oxidizer tanks are shown in blue, pressurant gas
tanks in red, and the main motor in gray. Motor geometry is taken from the designs
presented in Table 10.

Table 12
Comparison of the baseline and hybrid propulsion system for Europa flyby mission.

Europa

Parameter Units  Baseline Hybrid- Baseline Hybrid- AV With
AV Less Gravity Loss

AV [km/s] 1.52 1.52 137

Propellant for AV*  [kg] 888 913 840

Propellant for TVC [kg] 118 118 118

and ACS

Total Propellant [kg] 1005 1031 958

CBE Dry Mass [kg] 175 222 214

CBE Wet Mass [kg] 1180 1253 1173

Contingency™ [%] 10% 10%, 20% new 10%, 20% new
development development

Wetmass with [ke] 1198 1279 1198

Contingency

* Includes residuals and pressurant gas.

* 10% contingency is applied to dry mass with flight heritage e.g. the tanks. 20%
contingency is applied to dry mass requiring new development e.g. the combustion
chamber.

calculated assuming the feedline masses for the hybrid system are
equivalent to the baseline systems, given that both systems use the
same oxidizer and both use hydrazine for TVC and ACS. Other
secondary propulsion system masses such as the mass for mounts
and bosses for the hybrid motor are calculated and added to the
total propulsion system dry mass. The resulting system masses for
the Europa and Uranus missions are provided in Tables 12 and 13.

Table 13
Comparison of the baseline and hybrid propulsion system for a mission to Uranus.

Uranus

Parameter Units  Baseline Hybrid- Baseline Hybrid- AV With
AV Less Gravity Loss

AV [km/s] 1.96 1.96 1.76

Propellant for AV*  [kg] 1445 1571 1454

Propellant for TVC [kg] 139 139 139

and ACS

Total Propellant [kg] 1585 1710 1593

CBE Dry Mass [kg] 114 199 188

CBE Wet Mass [kg] 1699 1909 1781

Contingency* [%] 10% 10%, 20% new 10%, 20% new

development development
Wetmass with [kg] 1710 1936 1806
Contingency

* Includes residuals and pressurant gas.

*10% contingency is applied to dry mass with flight heritage e.g. the tanks. 20%
contingency is applied to dry mass requiring new development e.g. the combustion
chamber.

Note that the values listed in these tables use a long hybrid rocket
motor configuration.

Two sets of hybrid rocket motor sizes are provided in Tables 12
and 13, the first ignores the increased thrust level of the hybrid
rocket motor, which will act to decrease gravity losses during the
orbit insertion burn. Gravity losses can account for approximately
10% of the required AV for an orbit insertion burn like the ones
considered in this paper, see Reference [32]. The baseline pro-
pulsion systems for Europa and Uranus have thrust levels of only
458 N and 645 N, respectively. The use of a hybrid rocket motor
has thrust approximately two orders of magnitude higher than
this, resulting in a burn time two orders of magnitude shorter,
which will almost totally remove the gravity losses. The second set
of values in the table therefore assumes a 10% reduction in AV as a
result of using the high-thrust propulsion system.

From Tables 12 and 13 we see that the hybrid propulsion sys-
tem has comparable mass to the baseline bipropellant system for
the Europa mission, but is not competitive with the current for-
mulation for the Uranus mission. We believe that this is primarily
because the assumptions used in the Uranus propulsion system
baseline design were overly aggressive. A more detailed and rea-
listic design of the baseline Uranus propulsion system is required
to accurately compare the performance of the hybrid to existing
in-space propulsion systems.

6. Areas for further investigation

There are a number of issues that require further investigation
before any of the systems presented in this paper can be adopted.
Foremost of these is the need to instigate a test program to in-
vestigate the relevant empirical regression rate values of a and n
(see Egs. 4 and 6) for the propellant combinations discussed here.
All new propulsion systems typically require a full test program in
order to both verify the design and resolve any issues with com-
bustion instabilities.

The reduction in required AV for each mission resulting from
using the high-thrust hybrid propulsion system also needs to be
verified via a detailed trajectory analysis.

The ignition system for these motors was not described in this
paper. It is hoped that a small igniter capable of multiple ignitions
might be available for these systems, however this possibility has
not been thoroughly investigated. If such an igniter is not avail-
able, then the authors believe that multiple small pyrotechnic
devices with blow-out plugs may suffice for ignition if the number
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of required ignitions is known a priori and is not too large. The
proposed test program will need to thoroughly test the ignition
scheme and verify that it will work in a near-vacuum
environment.

The selection of an ignition system for this motor also raises the
question of the power requirements of the propulsion system.
These need to be quantified and compared to the power resources
expected to be available on these spacecraft. It is expected that the
hybrid propulsion system, which requires power for valve actua-
tion, ignition and potentially some small amount for propellant
tank heating, will have power requirements that are significantly
less than those of the baseline bi-propellant system, which re-
quires significant power to heat the hydrazine tank.

The issue of spacecraft control is briefly discussed in this paper
under the context of overall system configuration. This area war-
rants a more detailed investigation, particularly in regards to
control of the spacecraft during the main burn. Thrust misalign-
ment, and its potential effect on the trajectory and attitude of the
spacecraft, is also not examined in this work. Future work will
need to investigate how control authority will be maintained
throughout the main burn to determine whether the current
thrust vector control system is sufficient or whether the thrust of
the TVC thrusters will need to be increased.

Erosion of the nozzle throat during operation of the main
motor is not considered in this study. Future work should evaluate
the effect of nozzle erosion on the predicted motor performance
and mass estimates presented in this paper. It is recommended
that the effect of nozzle erosion is calculated using the approach
described in Reference [22] where it is assumed that throughout
the burn the nozzle undergoes erosion according to Eq. 14.

'I.
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The packaging of the propulsion system was discussed in this
paper with alternative motor designs presented to demonstrate
the flexibility of the hybrid rocket motor configuration. Future
work should seek to gain more specific information on sizing
constraints for these vehicles in order to finalize the design of a
motor for these missions.

7. Conclusions

Feasible hybrid propulsion systems have been designed for two
exploration missions. The propulsion systems are each comprised
of a single main hybrid rocket motor using aluminized Poly-
Ethylene (PE) wax and MON-3, and a monopropellant ACS and
TVC system using hydrazine. The proposed systems are capable of
meeting the mission requirements. The proposed system has very
similar performance to the baseline bipropellant propulsion sys-
tem for the Europa flyby mission and is expected to significantly
reduce the propulsion system cost and power requirements. Ex-
perimental testing is deemed necessary to advance the design and
verify the predicted performance.
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